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The jet centerline pressures for all three supersonic flow
cases are given in Fig. 3. The centerline pressure distributions
show that, in all three cases, the pressure oscillations diminish
rapidly after the first shock cell.

C. Mach 6 Jet in a Mach 5 Freestream
The primary goal of the present work is to understand the

structures of hypersonic jets. Toward this end, a Mach 6 jet in
a Mach 5 freestream is studied. Three jet-to-ambience pressure
ratios are considered; they arepj/pa = 3, 5, and 10.

The present results show that the basic structure of a hyper-
sonic jet is similar to that of a supersonic jet. All of the previ-
ous analyses about supersonic jets also apply here. The major
distinct features for jets in the hypersonic regime are that the
cell lengths are much longer, the shocks and expansion waves
induced in the freestream by the jet stay fairly close to the
boundary of the jet, and, therefore, the exit shock tends to
merge with the shear layer of the jet boundary, thus making it a
layer of rapid changing pressure and rapid changing velocity.

The centerline pressure distributions for the three hyper-
sonic jet cases mentioned earlier are given in Fig. 4. A compar-
ison between Figs. 3 and 4 shows that as the flight Mach
number increases, the oscillation in the centerline pressure be-
hind the first cell decreases.

IV. Concluding Remarks
The present numerical study demonstrates that the phenom-

enon of underexpanded jets can be analyzed using full Navier-
Stokes solvers without resorting to special treatments of the jet
flowfield. It also shows that the jet structures are considerably
different for subsonic and supersonic ambient flows. A super-
sonic pressure relief effect has been identified. This pressure
relief effect reduces the pressure oscillation in an underex-
panded jet in supersonic ambient flows. The study also shows
that the length scales in hypersonic jets are considerably dif-
ferent from those in supersonic jets.
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Propellant Feed System of a
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Nomenclature
F = thrust, N
h = height of the inlet
Isp = specific impulse, m • s ~ !

M = Mach number
m =mass flow rate, kg-s"1

Subscripts
cl = coolant
H2 = hydrogen
st = stoichiometric
00 = freestream

I. Introduction

T HERE is great interest in the use of scramjets as engines
for aerospace planes, but there have been few reports1'3

on scramjet engine cycles, in other words, propellant sup-
ply systems. Therefore, the feasibility of scramjet engine
cycles has not been made clear, and potential problems in
scramjet development remain unclear. To address this defi-
ciency, a cycle analysis has been conducted of an airframe-
integrated hydrogen-fueled scramjet engine.

The flight path of the vehicle is along a constant dynamic
pressure of 100 kPa. The range of flight Mach numbers is
from 6-12.

II. Assumptions and Methods of Calculation
A. Engine Cycle Schematic and Configuration

An expander cycle is adopted as a fuel supply system (see
Fig. 1). The turbine is driven by gaseous hydrogen that is
heated while regeneratively cooling the engine. The six scram-
jet engine modules are mounted on a vehicle. Each component
of the air breathing part, e.g., the combustor, is cooled indivi-
dually. The frontal area of the inlet of each module is 1 m2.
The length from the entrance of the inlet to the exit of the in-
ner nozzle is 7.7 m.

In principle, the equivalence ratio in the combustor is kept
at unity. When the hydrogen flow rate required for engine
cooling exceeds the stoichiometric flow rate, all of the hydro-
gen required for cooling is injected into the combustor. The
engine overall thrust and the specific impulse with stoichiome-
tric combustion are referred to as the reference values in the
discussion.

B. Properties of Combustion Gas
The temperature, pressure, speed, and specific impulse in

the air breathing part are calculated using a quasi-one-
dimensional model with friction, combustion, and heat trans-
fer.4 In the model, the following methods and assumptions are
used:

1) The vehicle forebody is approximated by a cone. The
results with the cone's half-angle of 5 deg are referred to here.
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Fig. 1 Engine cycle schematic—expander cycle.
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Fig. 3 Engine overall thrust and specific impulse.

2) The friction coefficient is assumed constant, and the
Reynolds analogy is adopted to calculate heat transfer.

3) In the inlet, experimental correlations5 of pressure
recovery ratio and of capture area ratio are used.

4) In the outer nozzle, the exhaust gas is assumed to expand
to the same pressure as that around the forebody. Nozzle effi-
ciency based on impulse increment is assumed to be 0.98.

C. Cycle Balance
When the power required by the pump becomes equal to the

power produced by the turbine,6 the cycle is balanced. With

reference to rocket engines, we assume the efficiency of the
turbopump to be 0.36.7 The fuel/air dynamic pressure ratio at
the injector orifices is set at unity based on the results of a pre-
vious experiment.8

D. Heat Transfer and Coolant Pressure Loss
Because overall heat absorbed by the coolant is important in

the cycle power balance calculation, the effect of peak heat
flux at the leading edge is neglected. The heat flux on the hot
gas side is calculated with the heat transfer coefficient of
Mayer.9 The wall temperature on the hot gas side is fixed uni-
formly for simplicity.

The wall is assumed to be nickel alloy. The wall temperature
on the hot gas side is set at 1000 K, and the hydrogen tempera-
ture at the cooling jacket exit is set at 700 K because of the
high temperature strength of nickel alloy.

The pressure loss inside the regenerative cooling channels as
the result of both friction6 and expansion of heated coolant6 is
considered. The other pressure losses at the manifolds and the
injector channel are also considered. These pressure losses are
nondimensionalized by the injector manifold pressure, and
their values are taken from the values of rocket engines.7

III. Results and Discussion
A. Hydrogen Flow Rate

The flow rates in Fig. 2 are the total amount of six modules.
The breakdown of the cooling in each component is shown at
the right side in the figure.

Sufficient heat transfer to establish the expander cylinder is
gained from the regenerative cooling of the scramjet because
of its broad wetted area. The pump exit pressure is about 3
MPa at Mach 6 and about 7 MPa at Mach 12.

The flow rate for cooling mcl increases as the flight Mach
number Mx increases. A similar result was obtained by
Buchmann.1 The pump feeds the stoichiometric flow rate mst
when the cooling flow rate is less than the stoichiometric flow
rate but has to feed the extra hydrogen for cooling at flight
Mach numbers greater than 10.

B. Engine Overall Thrust and Specific Impulse
The engine overall thrust and the specific impulse are shown

in Fig. 3. Below Mach 10, the thrust and the specific impulse
coincide with the reference values. At flight Mach numbers
above 10, a reduction of the specific impulse occurs because of
the coolant flow rate requirement, which is accompanied by
an increase of the thrust. It is possible to increase the thrust by
injecting excess fuel into the combustor to compensate for the
decrease of the specific impulse.

IV. Summary
An expander cycle for an airframe-integrated hydrogen-

fueled scramjet is analyzed to investigate regenerative cooling
characteristics and overall specific impulse. It was found that
the engine can operate with the cycle. For flights at high Mach
numbers, the hydrogen flow rate required for engine cooling
exceeds the stoichiometric flow rate needed for combustion,
and the specific impulse becomes lower than the stoichiome-
tric combustion case.
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Initial Development of a Pulsed
Electrothermal Thruster
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I. Introduction

T HE pulsed electrothermal (PET) thruster1"4 generates
stagnation pressures of tens to hundreds of atmospheres by

operating in a pulsed mode. For pulse widths of 10 /*s, the
electrode and insulator surfaces stay below their melting points.
The high operating pressure increases recombination in the noz-
zle to reduce frozen flow losses and exhaust gas temperatures.

The PET thruster system includes the thruster head, propel-
lant injection system, capacitive energy storage system, power
supply, and control system. The thruster head contains a
cylindrical capillary discharge chamber with end electrodes,
with water propellant injected along the center line. The dis-
charge heats the injected water to a high temperature and
pressure during the pulse, creating a thrust impulse. The
pulsed discharge breaks down at several hundred pulses/s to
create average thrust. The 5-mm-inner-diam (ID) x 56-mm-
long cylindrical capillary insulator is made of prestressed sili-
con nitride or alumina4; smaller boron nitride insulators with
4- and 3.2-mm ID were also used.

The PET thruster head is water cooled, enabling thermal
heat loss to be measured calorimetrically. The thruster is not
sensitive to electrode polarity and is operated here with the
propellant injected through the anode at the stagnation end.
The grounded cathode is located at the sonic throat. The
anode material is 0.15% alumina dispersion-strengthened cop-
per or sintered tungsten alloy. The 400:1 contoured exhaust
nozzle contains the tungsten alloy cathode as an insert.

Water propellant is continuously injected through a straight
75-100 /xm orifice with an L/D (length/diameter) of 1.5-5.0.
At 200-400 pulses/s, the propellant only travels a few centime-
ters between pulses, so that injected, unevaporated liquid is
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heated by two or three pulses. The water is injected either as a
straight jet or atomized spray. A finite element thermal model
is used to predict and avoid the onset of boiling at the orifice.
A ceramic Macor thermal insulator prevents propellant boil-
ing when operating near the ideal propellant flow. The water
flow requirement for the PET thruster at 1500-s specific im-
pulse is 6 mg/s/kW, giving 60 /*g/pulse at a typical pulse rate
of 100 pulses/s/kW.

Spray injection is achieved through the technique of aerated
liquid atomization.5 Helium gas is introduced upstream of the
orifice, with the liquid and gas passing through the orifice as a
mixture, producing a fine 20 /xm spray with a total spray angle
of 15-20 deg. This approach uses a gas mass flow rate of
1-10% of the liquid mass flow rate. The resulting aerated li-
quid spray intersects the hot wall of the capillary where the
droplets are partially evaporated, forming a vapor film that
prevents further wall contact.

Based on studies of droplets exposed to gas dynamic shock
waves,6 it is probable that axial vapor flow causes the drops to
shatter on a time scale of a few />ts. The Weber number pu2d/o
for 20 jLtm drops is We = 2x 103 near the throat, greatly ex-
ceeding the critical Weber number We « 5. This shattering
process is crucial to the coupling between the water and the
discharge.7

The thruster is driven at 200-400 pulses/s by a 10 section, 10
/xF, 0.48 fi pulse-forming network (PFN), using phenyl xylyl
ethane (PXE) dielectric capacitors with an estimated dielectric
loss of 0.2 W at 5 kW. Predicted life is 109-10n pulses. Dem-
onstrated life here is > 2 x 107 pulses with zero failures and
1011 pulses in a similar application, so that capacitor life is no
longer considered an issue for the PET thruster. The PFN is
designed to match the electrical resistance of the discharge and
to prevent electrode or insulator surface melting during the
pulse.4 The thruster is tested with axis vertical on a 1 m3

vacuum tank, with a tank pressure of 1 Torr.

II. Operational Tests
Tests were run at the several-kilowatt level to measure

thruster operating parameters. Test experience with 56-mm-
long ceramic insulators is summarized in Table 1, covering
26.6 x 106 total pulses.4

Insulator ablation was measured with dimensional gauge
pins after each test. In no case was any erosion observed with
Si3N4, A12O3, or BN. Although the insulators experienced
sputtering from the eroding electrodes, no dimensional change
was detected and no change in electrical behavior was observed.

Electrode erosion was measured for thruster average power
of 1.3-3.6 kW. Electrode mass loss for the PET thruster is
plotted vs average thruster power in Fig. 1, covering a variety
of anode geometries, anode materials, and arc conditions.
Because plasma heat transfer does not cause electrode surface
melting, the observed erosion is probably due to coulombic
charge transfer. Experimental measurements for vacuum arcs
show8'9 that charge transfer erosion decreases with pressure to
2-3 jug/C at 500 Torr. Most of the present data fall below 10
/>tg/C, much of it in the 2-4 jug/C range, with cathode erosion
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